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NATIONAL ADVISORY CCMMITTEE FOR AERQNAUTICS

TECHNICAL NOTE NO, 1179

NOTES ON TEE THECRETICAL CHARACTERISTICS OF
I70-DIMENSIONAL SUPERSOKIC AIRFOTLS

By He Reess Ivey

SUMMERY

The shook-expansion method of NACA TN No. 1143 was used
to determine the vrrincival aerodynamic characteristics of
two~dimensional supersoric airfoils. A discussion is given
of the effect of thickness ratio, free-stream amch number,
angle of attack, camber, thickness distribution, and aileron
deflection. The calculations indicatec that ths minimum
drag of supersonic airfoils is obtained whe:a the maximum
thiokness is behind the 0.50 chord. The center of rressure
obtained for a symmetrical supereonic airfoil was found to
be ahead of the 9.53 chord.

INTRODUCTION

The cheracteristics of thin airfoils moving a%t supersonic
spesds arc determined in reference 1 by Ackeret's thin-airfoil
theory. In this method, the local static vressure is assumed
to vary linearly with the angle between “he free-stream
direction and the loecal a1rf011 surface. This assumption
precludes any effect of cwnber on 1lift and locetes the center
of vpressure of an uncambered airfoil at the midchord.

The relations for flow across shock waves are presented
in reference 2. Reference 3 combines these shock equations
with Meyer's exvansion equations (see referecnce L) and presents
a graphical way of calculating a second-order avnnroximation
to the characteristics of thin sharp-nose airfoils at super-
sonic smeads. The present papsr uses the shock-sxnansion
method of referencs 3 to determine some intercsting effects
of thickness ratio, frce-stresm Mech number, angle of attack,
cember, thicknese distribution, and sileron deflection.
Swept-beck wings are not considered herein as they are of
sufficient interest to justify a separete report.
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SYMBOLS
M Each number
P static pressure
q dynsmic vressure
a anpgle of attack of airfoil ) . e
cZ section 1lift coefficient
2 section drag coeffiolent ; : B
S coefficient of section nitehing moment about airfoil
50 midchord
t airfoil thickness
c airfoil ohord
o aileron chord ;*
& aileron deflection
Subscripts: _ . A I
o frees stream |
1 upper leading surfuce -
2 upper trailing swrface o ) o .
3 lower leading surface
L lower trailing surface
nax maximum . : -
DISCUSSION

Alrfoils experlience an increased oreassure drag at high
Mach numbers. This drag inorease can be miunimized by the use
of thin airfoils with sharp leading edges. For this reason, _ o ’
and also because theorsticul calculstions ars more accurste
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for this bype of airfoil, the wing sections considered herein
are limited to fairly thin, sharp-nose airfoils having little
surfece curvature. .

Center of nressure.- Refercnce 3 has given the pressure
distribution «t M, = L the diamond-shape (symmetric double-
wedge) airfoil shown in figure 1. The nressure cosfficients
around this airfoil are given in, table I, as follows:

TABLE I.- FRESSULE COBFTICIENTS

Lozation of surface ’ Pressure coefficlent,

(see fig. 1) P-Po

Qo
Upper leading ' -0.0169
Lower leading .0L16
Upper trailing -.G308
Lower trailing . .01886

- {

A study of this table brings out many interesting points
on the characteristics of sunersonic airfoils. The 1lift of
the @irfoil is proportionsl to the diffsrence in the pressure
coefficients on the upper and lower surfaces of the airfoil.
For ths leading half of the airfoil of figure 1, this difference
is :

0.CLL16 + 0.0169 = 0.0585
For the trailing half of the airfoil the difference is
0.0398 + 0.0188 = 0.cL956

The significant result to be noted is that the front cf the
girfoil is carrying more than half the 1lift and the center

of pressure is found to be at the lj6-percent-chord position.

As tha suversonic Xach number is decreassd toward 1.0, the
center of pressure of thir diamond-shape airfoils approuchss

the 50-parcent-chord position. As the supersacic Mach numter

is increused. the center of pressure of thicker airfolls moves
forward. Figure 2 shows the variatiosn of the center of pressure
of 8 5-percent-thisk dismond-share airfoil with angle of attack
and Mach number. The actual shift in center of pressure depends
on the airfoil shape. For example, a wedge airfoil having its
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meximom thickness at the trailing edge will have its center of
pressure at midchord at all supersonic speeds provided that the
engle of attack ig not sufficlent to cause the shock wave to
separate fram the leading edrce.

Drag coeffisient.~ In order to dstermine the actual
variation of drag, csome allowanoce must be made for the viecous
skirn friction. Theoretiocal work (reference 2) suggests that the
vissous drag coefficient deoreases with increasing Reynolds
aumber at supersonic smeeds. Howmevwcr, refersncc 5 shows that the
viscoug drag noofficient is almost unaffected by changes in Mach
number or Reynolds number if the Roynalds number is very high.
For this reason the skin~friction drag eoaffioient based on wing
arcn 1s congidered herein to be constant at C.00€0, which is
aprroximately the value obtained for reebnt highly vpolisked
jet-rropelled fighters; however, the rcsults are plotited in
such a wav that the reader oan easily adjust the curves to
corre spend with the conditions in which he is inberested. If
new information indicetes that the variation of friction with
Mach number is apvreciable, the curves may be raised or lowered
by the emount of the variation.,

Fieure 3 shows the--variation of the drap cosfficient of
diemond~-shape airfoils with thicknesswretio and Ffree-stream
Mech number. The eraoh shows that the drag coefflcients are
very high near a ¥ach numnber of 1.0 and the main part of
the drag then is pressure drag. At high'Mach numbers the shock
drag has decrsased in importance relative to ekin frictlon.

It is seen that the Aokeret method (referecnce 1) gives slmost
the same trends os the shock-expansion method excevt that it
shows & less rapid variation of drag witd thiokness at high
Mach numbers than the vresent shock-exvansiom method. Ackeret's
method predlots lower wmressure increasss on the lesding portion
of the alrfoil and higher pressure decreases on the trailing
portion than the method of combining the  shock and expension
relationse.

The effect of the location of the :dximm thickness on
the drag coefficient for a S5-percent-thick airfeil is shown
in figure L. This figure indicates that the optimum locstion
of maximum thiokness is close to thse midshord position for
fairly low surersonic speeds. At Nach numbsrs of § and atove,
hcwever, the optimum location seems to ba near the tralling
edge, This condition is very different from that »redicted by
Ackeret's method whers, by the nature of his assumrtions, the .
pressure distribution is symmetrical., In conneztion with airfoils
deeigned for an angle of attack other then zero it must be kept
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in mind that the optimum location of thickness on the upver and
lower surfaces will be different. )

Figure 5 shows the effect of location of mexirmum thickness on
the drag of 10-percent-thick airfoils. These airfoils skow an even
groater varietion from Ackeret's prediction than the 5-percent-
thick airfoils. This figure indicabes that the optimum position
for meximum thickness at a Mach number of 8 is at the trailing ™
edge. Actually, the flow at the treiling edge will break down
for this condition and form a turbulent wake of somewhat higher
pressure than thet calculated. This breskdown of the theory for
the airfolls vith blunt traeiling edges should make the experimental
drag less than the theoretical drag for this extreme condition.

Lift coefficient.~ In figure 6 the slope of the 1lift curve is
plotted as a function of frer-stream Neach number for three different
eirfoil thicknesses. At & ¥ach number slightly above 1 th: slope of ~
the 1ift curve is aprroximotely egual to the cubnonic slope. The
slore of the 1lift curve drovs runidly, horewver, with ihereasing lach
numbsre The trend of the curva is slmilur to the drug curve of
figure 3 except that the drag curve was displaced upward a constant
emount by the skin friction. The thickness ratio of the airfoil
geems to have little effeat on the slope of the 1lift curve except
at high surerzonic Mash numbters {(above l;). The thick sections
then have the highest slope. As might be expected, the calculation
obtainrd by the shock-expansion metbod for airfoils of zero thlck-_
negs give results identical with those given by Ackeret's method.

Lift-drag ratio.- The effect of angle of attack and Vach
number on the characteristics of a H-nercent-thick double-wedgs
airfoil is ghown in figure 7. This figure shows that the 1lif
coeffinient inereases almost linearly with angle of attack, and
the drag coefficient incresses with angle of attack in a marner
similar to the variatinn of tctal drag coefficient for a comvolete
subsonic wing.

The maximum lift-drag ratio oay/cgy at e Mach number of 2 is
approximately 6.92 aut ¢, = 0.15 and a = L°. At a NMach number of L
the meximum ratio is 5.52 at oy = O, Oﬂh end a = 5% The raximum
lift~drag ratio decreases with incressing Mach number, and the 1ift
cosfficient for maximum lift-drag ratio also decreases with in-
creasing lach number. These trends are somewhet different from
those of reference 1 in which skin friction was neglected. In that
case the maximum lift-drag ratio was independent of Xach number.
Bussmann in reference 6 caleculates the Mach number et which the
lift-drag ratioc is maximum for certain airfoil thicknessos.

Camber.- Table I has shown that the leading portion of an
airfoll Ténds to carry more than its share of the lift and, hence,
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it can he expected that camber, which decremses the ungle of attack
of this impertant part of the airfoil, will decrease the lift. In
figure 8, caloulations show that the addition of 1.25 percent camber
changes the characteristics plven in figure 7 for ¥ach number L.

The addition of camber incriases the drag cocsfficient at zero angle
of attan% bul decreases the drag coefficient at high angle of attack.
Trte anels of zero lift is shifted slightly but the slope of the 1lift
curve remains esgentially the sems., It s sipgniflcant that the

shift obtaincd es & result of cumber &t supcrsonic speeds is opposite
in direction vo the ghift obbtained at subsonic speeds. Thisg result
indicates thaut o coambcred wing will experisnce a changs ln the angle
for zero 1lift in accelerating through the spced of sound. The
addition of camber decreases the lift-drag ratio st low angles of
abtbook snd increases it at high angles el atback.

A compurison of the ancle of uttadz for gzero lilf't as caleulated
by the Acleret mpthod (reference 1), agd caloulated by she shock-
cxoansion method of reference 3, and fé determined experimentally
by refleronce 7 is prescented in table II. Thus,

TABLE II.- ANGLE OF [ITACK FOR ZERC LIFT AT DACH NUMBEIR 2.13

i

Angle of zaroc 1ift, deg

I S

Airfoil shave remean _“{_"m_m,____m
: Shook- |
Ackeret expansion i
theory moethod ! Exmerimental
[reference 1) | {referecnse %) | (reference 7)
2¢® 7 .52
\—L‘_./‘,./—‘T"-“'r ]
/ Ik.’r ‘.,l —h\"ﬁ\ 0 1,68 ! 1_89
7° G. Uy
¥ ¢ .
—-—;"""I:"—T ! AT Souy v, S 0 o L5
0 .28 .26
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The shock-expansion method {reference 3) shows better agrae-
ment with exveriment than she Acireret method as far as the effect

of camtzr is concerned. Theoretically, & slight error might be e

sxvacted for the G,U.3 airfoil because of the inbterferoncs of
shock g2nd expension waves due to the continunus surface curvature;
however, tne error scems to be: of very low magnitude.

In connection with table II 1t might be well to
point out that higher order terms have been developed
by other authors which, when added to the Ackeref
theory, predict some effect of cambsr on 1lift,

Ailsrons.- In order to desmonctruate the eflfect of ailurons on
sunerscnic airfoils, results are given in figure © to show the
eileron effectiveness fastor for & S5-percent- bhick dismond-shape
eirfoil at a ¥ach number of L} us & fuiekion of the ratio of aileron
chord to airfoil zhord. For comparison, a curve for the sasme
airfoil is given for the subsonic (incompressible-flow) condition
(M = 0) , as well as one obtained by Askeret's methed. The :

aileron effoctiveness fuctors _‘_Z§_. are shown +o be much

£

g

lower et sunersonic speeds than at snends where there are no
corprecssibility effects. These wvalues nre also slizhtly lower than
those obtalned by the Ackerct method. Tor instaace, a 20-percent-
chord aileron at Yach rumber lj has aoproximetely the same effective-
mess foctor as 4 l-percent-chord 2ileron at low subsonic speeds.
This result indicates that the helix sngle of an airplane in
rolling will probably be munh less at supersonic speeds thun the
helix anglc described by wirplares a* low subsonic speeds. At
these speeds th: aileron influznces the wing ahead of it, but at
sunersonic specds the aileron slcne is aff:icted. In fact, the
wirg Rt supersonic snpeeds luaves the silsron in lO“‘dbDSlt“ air, and
thus the effectiviness is decrsassd to volucs lower than might
otherwisc be expected. The actual effuctiveness veries for
different airfoil shapes und trickness ratios. PFigure 10 gives
a curve of the variation of sectien 1lift coefficient due to aileron
deflection and figure 1l gives the slope of this curve; a slight
inerease in aileron c¢ffectiveness with inorcasing deflection is
indicsated.

The rection pitching-meoment coeffiecient about the midchord
Cp - as a function of ailsron d-xflection &8 is.shown in figure 12.
2 C
In figure 13 the slope of this curve dc, /hé is plotted agalnst
.jq
aileron deflection and shaws un increased rate of chunge of pitehing-
moment ccefficient mlfh inereasirg alleron Cef1€0910n1 Fhe

as & function of angle of attuck for constant aileror deflection.
The absoluts value of ths pitching-moment coefficient is shown to
decrease with increassing angle of sttask for a downmwnrd aileron
defleotion of 10° at ¥ = L,
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CONCLUSIONS

Caleculations made by thc shock~expansion method to determine
the serodynemic characteristics of supgrsonic airfoils indleated
the following conclusions: :

1, Uncamhered double-wedge airfoils having the maximam Shick-
ness at midchord will have their centers of vressure ahead of
the_ 50-percent chord at high supersonia speeds, but this center
of pressure will asoproach midchord 2e the Mach number is lowered
toward 1l.0. Airfoeils having their maximum thickness near the
trailing cdage will heve the center of pressure near tha midchord
at all supersonic speeds provided the engle of atback is not
sufficicnt to oause the shock wave to separate from the lemding edge.

2. The pressure-drag cocfficient and the lift cocfficient for
the same angle of attack decressc in a similar manner with incrsasing
Mach numbcr, and thus their ratio is essentially constant with Mach
number. The addition of a constant skin-friction drag coefficlent
results in a decrcase in the lift-drag ratio with inecreasing
Mach number ., '

3¢ The optimum location of maximum thickncess for a given
thickness ratio to give minimum drag depends on airfoil shape and
frec-stream Mach number. For double-wedge airfoils the optimum
rogition of maximum thickness is near the trailing edge at very
high Yach numbsrs; however, the ootimum position approaches the
midchord as the speed is decreased toward a Mach number of 1.0.

L. The aileron effectivensss factor is lower when estimated by
the shock~expansion method than when estimated by the Ackerct method.

5« A zommarison of theoretical end experimental valucs of the
angle of zero lift suggests that the present method of calsulation
is a considerably closer aoproximetion than Ackerest's method,

Langley Memorial Aeronmautical Laboratery
National Advisory Committee for Aeronautiecs
Langley Field, Va., July 18, 19Lé
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Figure 1.~ Example asirfoll (showing results obtained in reference 3).
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